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ABSTRACT
It has been observed that delta wings placed in a transonic freestream can experience a sudden movement of
the vortex breakdown location as the angle of incidence is increased. The chapter reports on the use
Computational Fluid Dynamics (CFD) to examine this behaviour in detail. The study shows that a shockvortex interaction is responsible. The balance of the vortex strength and axial flow, and the shock strength, is
examined to provide an explanation of the sensitivity of the breakdown location. Limited experimental data is
available to supplement the CFD results in certain key respects, and the ideal synergy between CFD and
experiments for this problem is considered.

29.1

INTRODUCTION

The occurrence of shocks on delta wings introduces complex shock/vortex interactions, particularly at moderate
to high angles of incidence. These interactions can make a significant difference to the vortex breakdown
behaviour. For subsonic flows the motion of the location of onset of breakdown towards the apex is relatively
gradual with increasing incidence [29-1]. The strengthening of the shock which stands off the sting as the
incidence is increased can lead to a shock/vortex interaction triggering breakdown. The location of breakdown
can shift upstream by as much as 30% of the chord in a single one degree incidence interval [[29-2], [29-3]] due
to this interaction.
From the study of the interaction between longitudinal vortices and normal shocks in supersonic flow [29-4] it
has been found that it is possible for a vortex to pass through a normal shock without being weakened
sufficiently to cause breakdown. The flow over slender delta wings is potentially more complex as the shock
is not necessarily normal to the freestream in the vortex core region [29-5]. Investigation is needed to consider
the behaviour and onset of vortex breakdown, particularly with respect to shock/vortex interactions.
To consider this behaviour, the flow over a sharp leading edged, slender delta wing was considered under
subsonic and transonic conditions. This investigation was undertaken as part of the 2nd International Vortex
Flow Experiment (VFE-2), a facet of the NATO RTO AVT-113 Task Group, which was set up to consider the
flow behaviour both experimentally and computationally over a specified 65° delta wing geometry. The work
of VFE-2 built on the first International Vortex Flow Experiment (VFE-1) [29-6] carried out in the late
eighties, which was used to validate the inviscid CFD codes of the time. Progress has been made in both
experimental and computational aerodynamics, particularly in turbulence models since the conclusion of the
VFE-1. Therefore, it was proposed by Hummel and Redecker [29-7] that a second experiment should be
undertaken to provide a new, comprehensive database of results for various test conditions and flow regimes,
to further the understanding of vortical flows. The test conditions considered under the VFE-2 framework
include both subsonic and transonic Mach numbers for low, medium and high angles of incidence at a range
of Reynolds numbers [29-8].
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The measured data at transonic conditions showed a sudden jump of the breakdown location towards the wing
apex when a critical angle of incidence was reached. The current study uses CFD to investigate this effect
towards an explanation of the detailed factors contributing to this behaviour. The paper continues with a
description of the test case and observed experimental behaviour. A summary of a wide ranging CFD study is
then presented. Finally, the combined results are considered to produce an assessment of the mechanisms driving
the flow behaviour.

29.2

EXPERIMENTS

The geometry used for the VFE-2 was originally tested in experiments carried out by Chu and Luckring [[29-9],
[29-10], [29-11], [29-12]] in the National Transonic Facility (NTF) at NASA Langley. These experiments
considered a 65° delta wing with four leading edge profiles (one sharp and three rounded with small, medium
and large radii) for a wide range of conditions both subsonic and transonic and for both test and flight Reynolds
numbers. This data has been compiled into a comprehensive experimental database and formed the basis for the
investigations of the VFE-2. The geometry is analytically defined for all leading edge profiles. Both the medium
radius and sharp leading edge profiles are considered within VFE-2, however, for this investigation, only the
sharp leading edge profile is considered. Figure 29-1 shows the wing situated in the NTF wind tunnel along with
the information on the geometry.

(a) Wing in NTF Facility at NASA Langley

(b) Definition of the Wing Geometry

Figure 29-1: VFE-2 65° Delta Wing Geometry Used in Investigation [29-9].

The location of vortex breakdown for a freestream Mach number of 0.85 with incidence measured in the NTF
[29-9] and in subsequent tests at DLR [29-13] experiments is plotted in Figure 29-2. The CFD data also
plotted in this figure is discussed later in this paper. For the experimental data, the exact location of vortex
breakdown is not known, however from the surface pressure coefficient distributions the approximate
locations could be determined. The behaviour of vortex breakdown is clear, with a sudden movement of the
breakdown location towards the apex when a critical angle is reached. It is however difficult to see why this
happens from the measured data. At least a larger density of pressure measurements is needed. In fact it is
seen from the CFD study that flowfield data is also needed to reveal details of the state of the vortex.
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Figure 29-2: Vortex Breakdown Location for Both Computational and Experimental Results.

The objective of this paper is to use CFD to investigate the cause of the sudden motion of breakdown location
towards the apex.

29.3

CFD STUDY

A CFD study was undertaken using several codes, grids and modelling options. The purpose of this study was
to see if the behaviour observed in the measurements (i.e. the sudden jump in breakdown towards the apex)
could be predicted, and if so with what sensitivity to the details of the simulation. A summary of the codes and
grids is given in Table 29-1.
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Table 29-1: Summary of Grids and Turbulence Models Used for VFE-2 Structured Grid
Comparisons (Coarse grid dimensions are given in parentheses for the Glasgow code)

Size
x 106

No. of Grid Points on Wing
Turbulence Model

Institution

Topology

EADS
[29-14]

C-O

10.6

129

257

129

Wilcox k-ω and
Reynolds Stress Model

NLR
[[29-15],[29-16]]

C-O

4

192

112

96

TNT k-ω with Pω
Enhancer

Glasgow
[29-17]

H-H with
O-grid

7

170
(117)

228
(171)

81
(49)

Wilcox k-ω with Pω
Enhancer and NLEVM

USAFA
[29-18]

unstr

7.9

–

–

–

SA-DES ∆t = 0.0047 ,
20000 time steps

KTH

unstr

10.8

–

–

–

SA-DES ∆t = 0.0048 ,
10760 time steps

29.3.1

Spanwise Streamwise Normal

Subsonic Results

First, a case at a freestream Mach number of 0.4 was computed. This case has no shock waves present.
Two angles of incidence were calculated (at 18.5 degrees where no breakdown is present over the wing and at
23 degrees where it is) and compared with the NTF measurements. Sample results are shown in Figure 29-3
which compares the predictions of the Glasgow, NLR and EADS simulations, with excellent agreement between
all predictions and the measurements. This is typical of the expected performance of CFD codes for the
prediction of pressures on a sharp edged delta wing in subsonic flow, even if breakdown is present.
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α = 18.5°

α = 23°

Figure 29-3: Comparison of Computational Results
6
and Experimental Data, M = 0.4 and Re = 6 x 10 .

29.3.2

Transonic Results

Next, cases with a freestream Mach number of 0.85 were considered, when shock waves are expected to be
present. The same angles of incidence were computed, with 18 degrees again giving no breakdown over the
wing and 23 degrees resulting in breakdown. The comparisons are shown in Figure 29-4. The case before
breakdown shows similar levels of agreement with the measurements. However, the case after breakdown
shows significant discrepancies arising from the premature prediction of vortex breakdown. In fact the sudden
movement of breakdown is predicted about 3 degrees earlier for the CFD when compared with the
measurements.
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α = 18.5°

α = 23°

Figure 29-4: Comparison of Computational Results (Glasgow)
and Experimental Data (NTF), M = 0.85 and Re = 6 x 106.

29.3.3

Location of Shock Waves in Glasgow Solution

Normal and crossflow shocks were found to occur in this flow. The main focus here is on the normal shocks,
which can be identified by plotting the pressure coefficient along the symmetry plane as shown in Figure 29-5
for both angles of incidence. For the 18.5° case, it is clear that two normal shocks occur at the symmetry plane.
The first occurs upstream of the sting tip at approximately x/cr = 0.6. Further downstream at approximately
x/cr = 0.85 a second shock is found. This second shock is likely to correspond to the rear/terminating shock as
described in the literature [[29-2], [29-5], [29-19]] for similar conditions. A third compression region is also
found close to the trailing edge, and a third shock is found from the surface pressure contours at this location
outboard of the symmetry plane on the wing surface. A shock occurring at this location is likely to be caused by
the high curvature of the wing geometry and the necessity of the flow to return to freestream conditions at the
trailing edge.

29 - 6

RTO-TR-AVT-113

SHOCK EFFECTS ON DELTA WING VORTEX BREAKDOWN

Figure 29-5: Pressure Coefficient Distribution from Glasgow Code at
the Symmetry Plane on the Wing for Both Angles of Incidence.

As the incidence is increased and vortex breakdown occurs on the wing, the behaviour at the symmetry plane,
again, shows the shock at the sting tip at approximately x/cr = 0.6. However, another shock is also found in the
flow slightly upstream of this location at about x/cr = 0.52. Downstream of the sting tip, it is evident that the
rear/terminating shock described for the α = 18.5° case is no longer present. From the behaviour described in the
investigations of Elsenaar and Hoeijmakers [29-2] under similar conditions, it is possible that the new shock
upstream of the sting tip is the rear/terminating shock having undergone an upstream shift with the increase of
incidence. As before, it is found that three normal shocks occur at the symmetry plane and close to the trailing
edge, as also found in the experiments, a second normal shock is observed.
Considering the three-dimensional behaviour of the normal shocks, it is found that the shock occurring
upstream of the sting tip curves downstream and intersects the rolled up shear layer of the vortex as shown in
Figure 29-6 and highlighted by the dashed lines. This is also in agreement with the observations of Donohoe
and Bannink [29-5]. Also highlighted are the locations of the other normal shocks described above.
The rear/terminating shock in the 18.5° solution is found to be normal to the freestream and wing surface and
does not appear to curve downstream outboard of the symmetry plane. This lack of curvature may be due to
the influence of the sting, as previous investigations have considered a flat wing without sting support [29-5].
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Figure 29-6: Isosurface of x Vorticity Coloured by Pressure Coefficient Showing Primary Vortex
Shear Layer and Normal Shock Shape for Both Angles of Incidence (from the Glasgow Code).

29.3.4

Sensitivity Study

A sensitivity study was carried out to assess the CFD predictions of the sudden motion of the breakdown
location. A large number of calculations are summarised here. The conclusion in all cases is that the sudden
motion of the breakdown location was present no matter what the details of the calculation used, and that the
critical angle is predicted to be lower in the computations than in the measurements.
29.3.4.1

Effect of Grid Refinement

The effect of grid refinement was considered for both pre- and post-breakdown flow for the transonic conditions
using the Glasgow results. Comparisons of the surface pressure coefficient distributions for both angles of
incidence with the relevant experimental data are shown in Figure 29-7. There are some differences in detail
between the two solutions. However, the behaviour and location of vortex breakdown are not greatly affected by
the grid refinement carried out. It is also the case that the critical angle for vortex breakdown onset is
independent of the grid refinement used, with vortex breakdown predicted to occur at lower angles of incidence
on both grids.
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α = 18.5°

α = 23°

Figure 29-7: Comparison of Glasgow Results between the H-H Grids for
Transonic Conditions at α = 18.5° and 23° (from the Glasgow Code).

29.3.4.2

Effect of Turbulence Model

The effect of the turbulence model on the flow behaviour was considered by comparing results calculated
using the k-ω with Pω Enhancer model and the Non-Linear Eddy Viscosity model in the Glasgow code, and
the standard Wilcox k-ω and a Reynolds Stress model (RSM) by EADS. The surface pressure coefficients are
shown in Figure 29-8. Each model predicts breakdown to occur on the wing at an incidence which is lower
than that witnessed in the experiment. Some differences in the breakdown location are present due to the
different vortex strengths predicted. However, the behaviour of a rapid motion forward of the breakdown
location is the same in each case.
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(b) Comparison between RSM and Wilcox
k-ω Model (EADS-MAS Results)

(a) Comparison between NLEVM and k-ω with
Pω Enhancer Model (Current Results)

Figure 29-8: Contours of Surface Pressure Coefficient Showing Effect of Turbulence Model
6
on Flow Solution with Comparison to Experiment for α = 23°, M = 0.85 and Re = 6 x 10 .

29.3.4.3

Comparison of Structured Grid Results

Comparison of the structured solutions obtained at Glasgow, NLR and EADS was made. The locations of the
normal shocks in the flow solutions, and the vortex breakdown locations, are slightly different for each
solution, as shown in Figure 29-9. These are likely to be due to the slightly different turbulence treatments and
grids. However, the motion of the breakdown location is very similar in each case.

(a) EADS-MAS

(b) Glasgow

(c) NLR

Figure 29-9: Surface Pressure Coefficient Contours for Structured Codes, M = 0.85, Re = 6 x 106.
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A comparison between the solutions for the Glasgow and NLR CFD solvers on a common grid was also
performed. The turbulence models used by these two institutions are similar, with the difference mainly in the
specification of the turbulence model diffusion coefficients [29-20]. The solutions obtained were very similar.
29.3.4.4

Influence of Time Accuracy

The comparison of surface pressure coefficient contours for the time averaged USAFA and KTH solutions
shows an overall similar picture (see Figure 29-10). The USAFA solution shows a more pronounced shock
upstream of the sting tip, which influences the interaction with the vortex. The KTH solution does not show
such a distinct impact of the shock wave on the vortical system and presents a more diluted picture of the
breakdown process. In general there are some differences in breakdown location and shock strength, however
the behaviour of the breakdown location motion is very similar in both cases. Analyzing the pressure
coefficient fluctuations on the vortex core axis for the KTH solution reveals that the main region of influence
of the fore-sting shock movement is between x/cr = 0.54 and x/cr = 0.72 (see Figure 29-10 (b)), hereafter the
fluctuations are due to the vortex breakdown unsteadiness. Time accurate behaviour of the shock and vortex
breakdown movement is considered below.

(a) Comparison between
USAFA and KTH Results

(b) Pressure Coefficient Distribution through
Vortex Core for KTH Solution

Figure 29-10: Time Averaged Surface Pressure Coefficient
Contours for Unsteady Results, M = 0.85, Re = 6 x 106.

29.4
29.4.1

EVALUATION
Shock-Vortex Interaction – Analysis Framework

From the CFD results a shock ahead of the sting intersects the vortex system. It therefore seems possible that a
shock/vortex interaction is important, particularly for higher angles of incidence. To consider this, the pressure in
the freestream direction through the vortex cores for both angles of incidence was analysed. This is shown
in Figure 29-11, with the calculated pressure ratios for each shock/vortex interaction location marked.
For α = 18.5°, the interactions occur without vortex breakdown. It has been previously suggested that this is due
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to the shock sitting above the vortex core [29-5]. However, from consideration of the vortex core properties it is
found that there are three regions of adverse pressure gradient which will influence the vortex. These coincide
with the two normal shocks at the symmetry plane and the trailing edge shock, as described above, and are clear
from Figure 29-6. The pressure ratios for all three regions are less than 1.5 and, as shown, the primary vortex
recovers after passing through each. Therefore, it may be suggested that these are weak interactions.

Figure 29-11: Pressure Distribution (from the Glasgow Code) through Vortex Cores for
Both Angles of Incidence – the numbers on the plot signify the magnitudes
of the pressure ratios through the intersecting shocks).

At α = 23°, where breakdown occurs on the wing, it is clear that there are two regions of high adverse pressure
gradient at the vortex core. The first coincides with the location of the normal shock upstream of the sting tip
as shown at the symmetry plane in Figure 29-5 and also with the onset of vortex breakdown. Very close to
this, the second, higher pressure gradient coincides with the occurrence of complete vortex breakdown. These
pressure gradients have ratios of 2.00 and 2.36, respectively. It is likely that the first pressure increase is due
to the effect of the normal shock at the symmetry plane on the vortex core, in a similar manner to the
interaction at the lower incidence.
There are interactions between the shocks and vortex core for both angles of incidence, with a weaker
interaction occurring for the lower incidence. It is suggested that there is a limiting behaviour below which the
vortex can feel the effects of the shock and remain coherent. Above this limit, the interaction causes a
considerable weakening of the vortex core, which results in vortex breakdown. In his comprehensive review,
Deléry [29-22] demonstrated the importance of a number of parameters for vortex breakdown caused by
shock/vortex interaction. These include the tangential or swirl velocity, U θ , and the axial velocity of the
vortex core, U axial . He also proposed that the swirl ratio or the Rossby number may be used as a measure of
the vortex intensity and, thus, the susceptibility of the vortex to shock induced breakdown. The Rossby
number is a non-dimensional parameter, defined as the ratio of the axial and circumferential momentum in a
vortex as defined by Equation 1. In this investigation, the maximum axial velocity at the vortex core and the
maximum swirl velocity of the vortex are used. This relationship is the inverse of the axial swirl parameter
[29-22], which is used as a breakdown criterion for a free-vortex.
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Ro =

U axial
Uθ

(1)

As a vortex passes through a normal shock, the tangential velocity is found to stay relatively constant while the
axial velocity decreases, therefore reducing the Rossby number [29-23]. With the reduction in the Rossby
number comes an increase in vortex intensity and, as a result, the susceptibility of the vortex to breakdown
increases. A criterion for breakdown using the Rossby number has also been investigated by Spall et al. [29-24]
and by Robinson et al. [29-25], who applied it to computational results on slender delta wings and determined
that the limiting Rossby number occurs between 0.9 and 1.4 for most cases, with a stable vortex core occurring
for values above 1.4. To consider this criterion, the Rossby number was calculated for both pre- and postbreakdown angles of incidence and the resulting graph is shown in Figure 29-12 with respect to streamwise
location on the wing. Also noted on the plot are the critical Rossby numbers for vortex breakdown.

Figure 29-12: Rossby Number Distribution from the KTH Code against
Root Chord Location for Pre- and Post-Breakdown Cases.

These results also show the influence of the shocks on the vortex behaviour. At α = 18.5°, it is clear that weak
interactions occur as the Rossby number decreases. However, this reduction is not significant which shows that
the vortex is not sufficiently weakened by the shock. A recovery is witnessed downstream. At α = 23°, a similar
behaviour is noted where at x/cr = 0.58 the vortex is affected by the normal shock. However, the reduction in
Rossby number is greater than for α = 18.5° and the vortex becomes unstable. Vortex breakdown is then caused
by a second shock at approximately x/cr = 0.62 which has a greater effect on the already weakened vortex axial
flow, and breakdown is almost immediate.

29.4.2

Quantitative Assessment

To investigate a limit for transonic delta wing vortices, the strength of the impinging shocks should be
considered, pre- and post-breakdown. Unfortunately, little experimental data exists to allow the shock strength
to be measured through the vortex core. However, the strength of the shocks incident on the surface of the
wing may be considered to improve confidence in the computational solutions. Unfortunately, there are only
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five data points from the NTF data, however, the presence of an increase in pressure between x/cr = 0.6 and
0.8 for the 23.6° incidence and x/cr = 0.4 and 0.6 for the 24.6° incidence is still clear. As the sting tip is
located at approximately x/cr = 0.64, these pressure jumps are most likely to be located close to the x/cr = 0.6
streamwise location. Using this as a guide, an approximation to the shock strength at this location can be
determined. The approximate values calculated are given in Table 29-2.
Table 29-2: Summary of Shock Strength from the Glasgow Code on Surface Conical Ray at Constant
y/s = 0.3 for All Solutions at M = 0.85, Re = 6 x 106 and α = 23° Compared to NASA NTF Data

Source

P2 P1

NASA NTF Experiment – 23.6°

1.16

NASA NTF Experiment – 24.6°

1.4673

CFD – 18.5°

1.2314

CFD – 23°

1.4695

Using the values in Table 29-2 as a guide, it is evident that there is a considerable difference in the calculated
pressure changes at the sting tip location for the pre- and post-breakdown experimental results. The calculated
pressure ratio for the post-breakdown case is roughly 25% larger than for the pre-breakdown case. Similar
distributions were also obtained from the computational solutions for the pre- and post-breakdown cases and
the shock strengths calculated are also stated in Table 29-2. From a comparison with the experimental data it
is clear that the magnitude of the post-breakdown pressure ratio is very similar, however, the pre-breakdown
ratio is larger. This means that overall the increase between the pre- and post-breakdown cases for the
computational results is less. The larger pressure ratio of the computational results for the pre-breakdown case
may have implications for the onset of breakdown. If the shock strength is over-predicted in the computational
results, it is likely that breakdown would occur closer to the apex compared to the experimental results for a
given vortex strength.
To consider the incidence at which vortex breakdown first occurs on the wing and relative strength of the
shocks, additional calculations were performed for intermediate angles of incidence between 18.5° and 26° for
the same flow conditions as before (M = 0.85 and Re = 6 x 106). A summary of the important flow details are
shown in Table 29-3. These details include whether vortex breakdown occurred, the maximum vortex core
axial velocity, Mach number and the strengths and locations of the first impinging shock at each incidence.
From the analysis, it was found that the 23° case was the only incidence to exhibit the double shock at vortex
breakdown and so the combined shock strength is instead shown for comparison with the other results. More
is said below about the shock pattern.
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Table 29-3: Summary of Shock and Vortex Core Data for All Steady State Calculations
6
Using the Glasgow Code at α = 18.5° – 26°, M = 0.85, Re = 6 x 10
( × Means No Breakdown and √ Means Breakdown)

α

VBD?

Max. U axial

Max. M axial

P2 P1

Shock x/cr

18.5°

×

1.74

1.76

1.5

0.62

19°

×

1.76

1.80

1.67

0.64

20°

√

1.74

1.83

3.73

0.64

21°

√

1.74

1.86

4.87

0.64

22°

√

1.79

1.88

4.67

0.51

23°

√

1.80

1.92

5.25

0.55

24°

√

1.84

2.05

5.93

0.49

25°

√

1.84

2.10

5.64

0.47

26°

√

1.84

2.20

5.48

0.40

Before considering the onset of breakdown, it is important to note the behaviour of the flow variables with
increasing incidence. It is clear from Table 29-3, that the predicted shock strength increases with incidence,
which is in agreement with the experimental data in Table 29-2. The axial velocity and Mach number are
also found to increase, however, the Rossby number was found to be constant at ≈1.7 for each incidence as
described before. From the theory of supersonic flows, it is known that the strength of a shock is dependent
on the upstream Mach number, thus for a higher axial flow, a stronger shock will occur. However, in this
case the relationship does not appear to be linear. This is most likely to be due to changes in the shape of
the shock in response to changes in the flow behaviour and the equilibrium conditions as the incidence is
increased. This may also suggest that the behaviour of the vortex breakdown is also non-linear wth
incidence.
Vortex breakdown first appears on the wing at α = 20°, which coincides with a significant increase in shock
strength. At this point it may be assumed that the strength of the shock is high enough to cause a complete
reorganisation of the flow behaviour. Thus, the shock strength limit for breakdown for these solutions may be
given as 3.73. To determine a link between the vortex flow conditions, as described by the Rossby number,
and the shock strength for breakdown to occur on the wing, further data, both experimental and computational,
is needed.
To further consider the relation between the occurrence of breakdown, the vortex core behaviour and the
predicted shock strength, the vortex core data for the EADS-MAS, NLR and time averaged USAFA results are
considered in a similar manner. The pressure behaviour through the vortex core, with the pressure ratios marked,
is shown in Figure 29-13. From this plot, it is clear that a similar behaviour occurs, with shocks intersecting the
vortex core axis and vortex breakdown occurring. From the EADS-MAS and NLR solutions, the pressure ratios
through the shocks are approximately 1.77 and 1.64, and 1.5 and 2.89, respectively. The USAFA time averaged
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solution has only one shock region with a ratio of 4.5. However, from analysis of the instantaneous solutions,
it was found that two shocks also exist at breakdown, which for the solution at a time step of τ = 16600
correspond to 2.25 and 2.71.

Figure 29-13: Pressure Distribution through Vortex Cores for
EADS, NLR and USAFA (Time Averaged) Solutions.

While the predicted strength of a shock can be dependent on such factors as grid refinement, turbulence model
and discretisation, it is also apparent that there are corresponding differences in predicted maximum axial
velocity through the vortex core, as summarised in Table 29-4. The current solution has predicted a maximum
axial velocity which is the same as the USAFA solutions and higher than for the EADS-MAS and NLR
solutions. As a result of this increase in axial velocity the Mach number upstream of the shock will increase, and
the upstream pressure will reduce, resulting in a stronger shock to maintain equilibrium. However, it is evident
that the Rossby number in each case is similar. This suggests that the shock strength predicted by the
computational solutions is dependent on the vortex core behaviour predicted upstream. The axial flow behaviour
is also dependent on the computational parameters mentioned above. However, despite the differences in flow
solutions and computational set-up, the behaviour and effect of the shocks on the flow are the same.
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Table 29-4: Summary of Maximum Axial Velocity, Shock Strength and Breakdown
6
Location for All Solutions at α = 23°, M = 0.85 and Re = 6 x 10

U axial

M axial

Ro

Vortex Core Shocks
1st:

2nd:

Total:

P2 P1

P2 P1

P2 P1

Shock
at
y/s = 0.3

VBD
x/cr

P2 P1

EADS

1.50

–

1.67

1.77

1.64

2.55

1.4274

0.68

Glasgow

1.83

2.00

1.70

2.00

2.36

4.75

1.4695

0.64

NLR

1.60

–

1.74

1.50

2.89

4.33

1.5075

0.67

USAFA
(time avg.)

1.80

2.03

1.67

–

–

4.50

1.4409

0.68

–

–

–

2.51

2.71

4.75

–

0.66

1.79

1.87

1.72

–

–

4.72

1.468

0.67

USAFA
(instant.)
KTH
(time avg.)

29.4.3

Validation of the Axial Flow Predictions

To consider the ability of the computational solutions to predict the axial flow upstream of breakdown,
the PIV results obtained at DLR and described in Konrath et al. [29-14] were considered. These experiments
were carried out for slightly different flow conditions, with a Mach number of M = 0.80 and Reynolds number
of Re = 3 x 106. To compare with these results, a new set of calculations was performed by Glasgow,
using the k-ω with Pω Enhancer turbulence model for M = 0.80 and Re = 2 x 106 at angles of incidence of
α = 18.5° – 26°. Figure 29-14 shows a comparison of the cross-flow behaviour for a nominal incidence of
α = 26°. The effect of the difference in Reynolds numbers should be negligible due to the sharp leading edge.
In the experiment, it was found that vortex breakdown occurred between the x/cr = 0.6 and 0.7 streamwise
stations. However, the computations predict breakdown further upstream at x/cr = 0.4. Therefore, to make a
comparison of the pre-breakdown flow, the results were compared on planes which were a similar nondimensional distance from the breakdown location, this corresponds to x/cr = 0.5 for the experiment and
x/cr = 0.3 for the computational results assuming that the breakdown occurs close to the x/cr = 0.6 location.
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PIV, α = 25.9°, Re = 3 x 106

CFD α = 26°, Re = 2 x 106

Figure 29-14: Comparison between u Velocity Contours for Experimental
PIV and Computational Results for M = 0.80 on a Slice at x/cr = 0.5.

From the comparisons of the non-dimensional u velocity contours, a number of observations may be made. It is
clear that the location of the vortex core is very different between the computational and experimental results,
however this is likely to be due to the proximity of the computational slice to the apex of the wing as further
downstream the vortex would lift further from the wing surface. However, the shape of the vortical system is the
same, with a very elongated primary vortex in both sets of results. Considering the vortex core properties, from
the experimental data at three pre-breakdown PIV planes, it was found that the u velocity corresponds to 1.962 at
x/cr = 0.5, 1.870 at x/cr = 0.55, and 1.522 at x/cr = 0.6. Although the maximum velocity found from the
measurement planes is 1.962, it is likely that the actual maximum velocity will be larger. This is evident from
Figure 29-15, which plots these three points along side the velocity behaviour of the computational results.
The maximum u velocity for the computational results corresponds to u = 1.88 , which is slightly lower than the
maximum experimental value. Therefore, it is possible that the axial flow behaviour is under-predicted in the
computational solutions.

Figure 29-15: u Velocity through Vortex Core for Computational Results
Compared to Experimental PIV Data for M = 0.80, α = 26°.
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29.4.4

Shock Behaviour in Unsteady Solutions

The analysis of all contributed RANS and the time-averaged DES computations reveals the presence of either
one or two shocks upstream of the sting-wing intersection. To understand this discrepancy between the
otherwise similar solutions, it is necessary to assess the time-dependent flowfield. In this section the DES
computations performed at KTH have been evaluated. This analysis enables helps to explain the postbreakdown development of the main vortical structures, and also the complex interaction between vortex
breakdown and the shock system ahead of the sting. Figure 29-16 shows the vortex breakdown position
history for the last cycle of the KTH solution. The position of breakdown is defined here as the foremost
chord-wise station where there is fully-reversed axial flow in the primary vortex. Flow details of the timesteps
indicated by red dots in Figure 29-16 are shown in Figure 29-17.

Figure 29-16: Vortex Breakdown Position for the KTH Solution;
Timesteps Presented in Figure 29-17 are Designated with Red Dots.
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t = 0.1492s

t = 0.1547s

t = 0.1560s

t = 0.1586s

t = 0.1650s
Figure 29-17: Sub-Frames Presenting Each in Clockwise Order, Starting from the Lower-Right Corner:
Normal-View on Symmetry Plane Showing Mach Number Range from Subsonic (blue), Sonic (green)
and Supersonic (red); Frontal-Isometric View of Half-Span Suction Side Showing Surface
Pressure Coefficient and Reversed Flow Isosurface; Wall-Normal View on Suction Side in
Front of Sting-Wing Intersection Showing Surface Pressure Coefficient; Pressure
Coefficient at Intersection of Symmetry Plane and Wing Surface, Locations
0.44 and 0.635 – Also noted are the transient movement direction
of the shock wave(s) and the relative strength.

It is apparent from Figure 29-16 that the downstream movement occurs relatively suddenly and the upstream
recovery is more gradual. The USAFA DES predictions show a similar behaviour. Since the flowfield features
several minor complex shock systems in the post-breakdown region, it is useful to constrain the analysis to a
single plane. The reason for the different behavior of the downstream and upstream motion can be found from
the flowfield at the symmetry plane.
At the earliest time a single shock wave is found to propagate upstream ahead of the sting tip at x/cr ≈ 0.51.
A further supersonic region is present above the sting, aft of the sting tip (see Figure 29-17). In a subsequent
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timestep the second shock region forms a supersonic bridge to the flat plate wing portion, right ahead of the
sting tip, effectively resulting in a twin-shock fore-sting system. The first, now weaker shock having moved
slightly more upstream than the aforementioned position at x/cr ≈ 0.48 and a second shock placed right in
front of the sting-wing intersection at x/cr ≈ 0.6 (see Figure 29-17). Due to this peculiar arrangement,
the vortex breakdown position moves abruptly from downstream of the (first) shock impinging on the vortex
core, visible in Figure 29-17 downstream of the second shock. The relaying mechanism from the first to the
second shock is what causes the abrupt downstream movement of the vortex breakdown position. When the
two supersonic regions merge the downstream motion of the strong single shock still continues slowly
towards the sting tip. A further downstream motion of the shock is halted by the presence of the sting tip.
The furthermost downstream position of the vortex breakdown is reached at x/cr ≈ 0.61, when the bent field
shock surface is weak enough to relieve the primary vortex core from the sudden pressure jump, see Figure
29-16. Now the vortex breakdown location starts to move upstream, following a discernible lag in the
upstream movement of the shock wave. In contrast to the downstream movement, during the upstream
movement the shock does not split in two. A gradual decrease in the strength of the single fore-sting shock is
detectable, while simultaneously the size of the supersonic region on the sting increases. The next cycle starts
only then, when the single fore-sting shock reaches its furthermost upstream position, which is coupled to a
decrease of the shock strength. From the time-dependent solution it is possible to recognize disturbances in the
region between the single fore-sting shock, the sting tip and the primary vortex. These disturbances propagate
upstream from the sting tip and move towards the single shock. The frequencies of the upstream moving
disturbances and the spiral motion of the disrupted vortex core are very similar. These disturbances,
originating from the post-breakdown vortex filaments, could be the initial triggering mechanism behind the
split-up of the single shock wave into two weaker ones.

29.4.5

Motion of Vortex Breakdown Location

Having considered the mechanisms which cause vortex breakdown to occur on the wing, it is possible to
return to the issue of the discrepancies between the CFD and experimental results. It was found from the
experimental data used in this study that vortex breakdown jumps abruptly from a location downstream of the
trailing edge to a location upstream on the wing for a small increases in incidence. Indeed from the results
summarised in Table 29-3, it is clear that the flow seems to go from full vortical flow over the whole wing
surface to breakdown occurring close to the x/cr = 0.6 location in a one degree increase.
From the plot in Figure 29-2 it is clear that the behaviour at the onset of vortex breakdown is qualitatively
similar for both the CFD and experiment, however the angle at which this occurs varies. With further
consideration of the literature it was found that there is a large spread of values for this critical angle. These
are detailed in Table 29-5. It is quite clear from all these results that the critical onset angles for vortex
breakdown over the wings for current CFD solutions are consistently earlier than for the majority of the
experimental results.
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Table 29-5: Critical Incidence for Transonic Vortex Breakdown to be Found on 65° Delta Wings

α cr

Source

Type

Conditions

Elsenaar and Hoeijmakers [29-2]

exp.

M = 0.85, Re = 9 x 106

Houtmann and Bannink [29-20]
Chu and Luckring [29-9]
Chu and Luckring [29-9]
Chu and Luckring [29-9]
Chu and Luckring [29-9]
Chu and Luckring [29-9]

23°

exp.

6

M = 0.85, Re = 3.6 x 10

20°

exp.

6

26.6°

exp.

6

M = 0.831, Re = 6 x 10

24.6°

exp.

6

24.6°

6

24.7°

exp.
exp.

M = 0.799, Re = 6 x 10

M = 0.851, Re = 6 x 10

M = 0.871, Re = 6 x 10
6

22.6°

M = 0.9, Re = 6 x 10

6

Chu and Luckring [29-9]

exp.

M = 0.849, Re = 11.6 x 10

24°

Longo [29-3]

CFD

M = 0.8, Inviscid

25°

Glasgow
EADS-MAS

CFD
CFD

6

20°

6

21°

M = 0.85, Re = 6 x 10

M = 0.85, Re = 6 x 10

As shown, with an increase in incidence the strength of the shocks in the flow increases, most likely as a
response to the increased flow acceleration over the wing surface. Similarly, the axial velocity in the vortex
core increases and it has been shown that there is a critical relationship between these quantities which results
in breakdown for a critical incidence. To change the angle at which vortex breakdown occurs, it will be
necessary to have a change in either one of these parameters. For example, with an increase in vortex intensity
and therefore a decrease in axial velocity or an increase in tangential velocity, the strength of the shock needed
to cause breakdown will decrease and breakdown will occur earlier on the wing.
From the results detailed in the previous section, it is suggested that two factors are causing the early prediction
of breakdown on the wing. These are an under-prediction of the axial velocity, which results in a vortex more
susceptible to breakdown and an over-prediction of the strength of the shocks. From consideration of the effects
of a number of flow parameters, it appears that these predictions are not greatly effected by grid structure,
turbulence model, convergence or time accuracy. The effect of grid refinement was also considered, which also
concluded that the overall refinement of the grid had little effect on the solution. However, this study did not
consider localised refinement, particularly in the vortex core region. Despite continuing improvement in CFD
codes, turbulence models and practises, prediction of the vortex core behaviour and axial flow is still a
challenge. There have been a number of collaborations and investigations which have considered the vortical
flows over delta wings, which have also generally predicted the flow behaviour well, however the axial velocity
is almost always much lower than that found from experiments. This is also true for this case and may be
attributed to the abilities of turbulence modelling and restrictions in grid refinement for the core region. To fully
resolve the vortex core behaviour it would be necessary to have similar refinement as is applied to boundary
layer regions. It is unclear at this time whether an improvement in vortex core axial velocity would alter the
predicted strength of the shocks in the flow, however, if the shock strength remained constant, with an increase
in axial velocity, it may be suggested that the angle of incidence at which breakdown occurred would increase.
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29.5

CONCLUSIONS

The following conclusions are drawn:
•

The sudden motion in breakdown location observed in experiments is due to a shock-vortex
interaction.

•

The CFD predictions of the breakdown movement are insensitive to the simulation details.

•

The onset angle of the breakdown movement was predicted about 3 degrees earlier than the
measurements. The tunnel interference could contribute to this and should be further investigated.

•

The reason for this could be due to the prediction of the shock strength or axial flow in the vortex.

•

More detailed measurements of surface pressures and flow field velocities are needed to evaluate this
point.
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